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THE EE'FECTS OF COMPRESSIBILITY ON THE FRESSURES ON A BQDY
OF REVOLUTION AND ON THE AERODYNAMIC CHARACTERISTICS
OF A WING-NACELLE COMBINATION CONSISTING COF THE
BODY OF REVOLUTTON MOUNTED ON A SWEPT-BACK WING

By Frederick W. Boltz and Benjamin H. Beam

SUMMARY

An investigation has been made of the effects of compressiblility on
the forces, on the plitching moments, and on the surface pressures on a
wing-nacelle combination. The leading edge of the wing was swept back
37.25° and the nacelle was = body of revolution having a fineness ratlo
of 6.5. The effects of compressibility on the surface pressures and on
the drag of a body of revolution similar o the nascelle were also deter-—
mined.

Dats are presented in this report for Mach numbers from 0.18 to 0.92
for the wing-nacelle combination and from 0.18 to 0.95 for the body of
revolution, both for a Reynolds number of 2,000,000 based on the wing
mean aerocdynsmic chord.

The effects of the nacelle on the 1ift and pitching-moment character—
istice of the wing were found to he small. The pressure measurements
indicated that local regions of high':veloclty occeurring in the wing—
nacelle Junctures nsar the leading edge st low speeds persisted at high
speeds. In spite of this interference effect, however, the drag—
divergence Mach number of the wing—nacelle combinstion was only slightly
lower than that of the plain wing. A critical Mach number based on local
regions of high velocities 1n the wing-nacelle Jjunctures is shown to be
an unsatisfactory indication of the drag~divergence Mach number.

A method 1s presented for calculating the pressure coefficients
over the body of revolutlon in compressible flow using the stream
Tunction and linear theory. Pressure coefficients calculated by this
nethod are shown to agree well with the experimental pressure coefficients.

UNCLASSIFIED
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INTRODUCTION

An important obJective of the current study of swept wings is the
determination of the aserodynamic effects of nacelles and of external
stores mounted on such wings. In previous investigations at subcritical
speeds (references 1 and 2) local regions of high velocity have been
observed at the Junctures of a swept wing and a nacelle. Estimated
criticel Mach numbers based on the pressures In these regions of high
velocity were found to be much lowsr than those based on the pressures
on the swept wing without the nacelle. It became apparent, therefore,
that further study was required to determine the degree to which Inter—
ference from a nacelle may affect the force-divergence Mach number of a

swept wing.

An investigation of the serodynamic interference of a nacelle on a
swept wing has been conducted in the Ames 12-foot pressure wind tunnel
over a range of Mach numbers which included drag-divergence Mach numbers.
The wing used in the investigation had 37.25° sweepback at the leading
edge and hsd an aspect ratio of 6.04. The nacelle was simulated by a
solid body of revolution having a fineness ratio of 6.5, and was mounted
on the underside of the wing in such s way that the contour of the upper
surface of the wing was changed cnly near the leading edge. The aerody-—
namic characteristics of the model wing without the nacelle have been
reported in reference 3. In the present report the forces, pitching
moments, and static pressures on the wing-nacelle combination are pre—
sented along with the drag and static—pressure measuremsnts on an isolated
body of revolution similar to the nacelle, A comparison of the static—
pressure coefficlents over the body of revolution with those predicted by
linear theory has been included.

NOTATION

Cp drag coefficlent based on wing plan—form area ( %)

CDF drag coefficient based on frontal area of body of revolution

P
qo (frontal area}d .

1lift
C 1ift coefficient ===
L (%S )

pltching-moment coefficient about the quarter polnt of the mean

itching moment)
q.S¢c

asrodynamic chord (P
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L/D

M

Mer

Ry

ratio of 1lift to drag

Mach number (%)

critical Mach number, the free—stream Mach nunber at which sonic
velocity is first attained

drag—-divergence Mach number, the free—stream Mach number at
oC
which SD'
' < MO) cr,

lift—-divergence Mach number, the free—streem Mach number st which
the sbsolute value of 1ift coefficient at a constant angle of
attack reaches s maximim

the free—etream Mach nunber st which the component of local Mach
number normal to the iscbar inclined at the angle ¢ equals
unity at a specific point on the surface

PPy
pressure coefficient q
o

povoc
Reynolds nunber based on wing chord m

[
Reynolds number based om body length ( )

semispan wing area, square feet

velocity, feet per second

speed of sound, feet per second

wing semispsn normal tc plane of symmetry, feet

local wing chord paraliel to plane of symmetry, feet

" mean serodynamic wing chord <_'b7§—_ , Feet

static pressure, pounds per square foot
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q dynamic pressure (—é—pﬁ), pounds per squere foot

a angle of attack, degrees

v coefficient of viscosity of ailr, slugs per foot—-second
p mass density of air, slugs per cubic foot

VJ local angle of sweep of isobars, degrees
Subscripts

o] free stream

u uncorrected

MODELS AND APPARATUS

The semispen model wing upon which the nacelle was mounted was the
model used in the swept—wing investigation reported in reference 3. The
model represented one-half of a wing having the leading edge swept back
37.25°, an aspect ratio of 6.04, and a taper ratio of 0.5. No twist was
built into the wing and the sections perpendicular to the quarter—chord
line were the NACA 641—212, the coordinates of which are given in
table I. The nacelle was a body of revolution having a fineness ratio
of 6.5. From the nose of the nacelle to the maximmm dismeter the ghape
was that of a prolate spheroid, and from the maximum diameter to the tail
.the shape was that of a modified NACA 111 fuselage. The coordinates of
the nacelle are given in teble II. The nacelle was mounted omn the under—
side of the wing at 31 percent of thersemispan as shown in figure 1.

The wing—nacelle junctures were faired by the use of fillets behind the
meximum dismeter of the nacells.

The model, a photograph of which is presented in figure 2(a), was
built of laminsted mahogany, secured to a steel spar. Chordwise rows of
pressure orifices were situated at 15, 55, T73.3, and 91.7 percent of the
semispan and at the wing-nscelle Junctures and along the center lines of
the upper and lower surfaces of the nacelle., The turntable, upon which
the model was mounted, was directly connected to the force—measuring
apparetus. Pressures were measured by means of multiple—tube manometers,
the readings of which were recorded photographically.

The fineness ratlio of the body of revolution was the same as thalt of
the nacelle (6.5), but the ordinates differed slightly behind the 4O-percent
station as may he noted from table II. For the body, a short cylindrical



NACA RM AS0EO09 ' 5

center section was used to join the prolate—spherold Torebody to the
NACA 111 afterbody.

The body wes constructed of lamingted mshogany and was mounted on
8 1-1/2-inch tube ss shown in figure 2(b). ILengthwise rows of pressure
orifices were located, as indicated in figure 1(a), along meridiamns 0°,
309, 60°, 90°, 120°, 150°, 180°, and 270° from the top of the body. Also
shown in figure 2(b) are the wake—survey rakes used in the determination

of the draeg. This survey equipment was removed Ffor the measurements of
surface pressures.

CORRECTTIONS TO DATA

Tunnel-wall—interference corrections were evalusted by the method
of reference 4, with the computations glightly modified to account for
the effects of sweep. The following corrections were added to the data
for the wing-mscelle combination:

fa'e/

0.48¢ Cyt,

0.00754 c®

il

&Cp

No correction was applied to the angle of attack of the body of revolu—
tion,

The constriction corrections due to the presence of the tunnel walls
were determined by the method of reference 5. While the methed used is
strictly applicable only to full—span models located centrally in the
tunnel end does not allow for large engles of sweep, it has been used as
the best avallable estimete of the constriction effects on the wing—
nacelle combination. The magnitude of the corrections applied to the
Mach number and to the dynsmic pressure for the tests of the wing-nacelle
combination is illustrated in the following table:

Corrected Uncorrected Corrected q,
Mach number Mach number Uncorrected dg
0.300 0.300 1.003
-400 -399 1.00k
-500 499 1.005
-600 -598 1.006
- 700 697 1.007
-800 -T9h 1.009
.850 841 1.011
-900 .885 1.018
-920 902 1.021
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The constriction correction for the body of revolution due to the
presence of the tumnel walls was also determined by the method of
reference 5, and the mesgnitude of the corrections is illustrated in the
following table:

Corrected Uncorrected Corrected qo
Mach punber Mach number Uncorrected qg
0.800 0.799 1.001
.850 .849 1.002
«G00 897 1.003
<925 921 1.004
«950 .9k3 1.007

The Mach number gt which choking occurred in the tunnel test section

with the model at 0° angle of attack was éstimsted to be 0.948 for the
wing-nacelle combination and 0.960 for the body of revolution.

Corrections for the tare drag of the exposed surface of the turn—
table were obtained with the model removed from the tumnel. The tare—
drag coefficient was 0.0035 and was not affected by compressibility.

The drag due to interference between the model and the turntable was not
evaluated but was believed to have been small.

Drag data from the wake survey behind the body of revolution were
evaluated by the method of reference 6. No attempt wes made to evaluate
the effect of body-sting interference on the body pressures.

TESTS

The static pressures om the wing-nacelle combination were measured
slmultaneously with the 1ift, drag, and pitching moment for Mach numbers
from 0.18 to 0.92 at a constant Regnold.s punber of 2,000,000. The angle—
of—attack range was from ~8° to 20° at 0.18 Mach number and wes reduced
at higher Mach numbers because of model~strength and tunnel—power limita—
tions.

Drag date for the body of revolution at 09 angle of attack were
obtained by the weke—survey method for Mach numbers from 0.18 to 0.95 at
a constant Reynolds number of 3,760,000 based on the length of the body
or 2,000,000 based on the mean serodynamic chord of the wing. Static
presgures were measured through an sngle—of—attack range of 0° to 8° for
Mach numbers from 0.18 to 0.9% at the same Reynolds number.
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RESULTS AND DISCUSSION

Aerodynamic interference between the nscelle and the swept wing is
ovaluated in this report by considering the pressures and forces on each
separately and comparing them with those on the wing-nacelle combinstion.
The forces, momente, and static pressures on the isolated wing have been
reported in reference 3. Drag daba.and static pressures for the body of
revolution are included in the present report and will be discussed first.

Body of Revolution

" The varistion in drag coefficient with Mach nuwmber for the body of
revolution at 0° angle of attack is presented in figure 3. In the renge
of Mach numbers from 0.18 to 0.92 the change in drag coefficient with
Mech nunber was small. The eritical Mach number, determined from static—
pressure dsbta, was approximately 0.90.

In figures 4 through 8, the lengthwise distribution of pressure
coefficient along several meridians of the body is presented for various
Mach numbers at sngles of attack from 0° to 8°. The location of the
meridians iIndlcated in these figures is shown in figure 1. The experi~—
mentelly determined pressure coefficients have beern compared with the
calculated pressure coefficients in figures 9, 10, and 1].

To calculate the pressure coefficlents over the body in incompressi—
ble flow, the source—sink distribution for the body was used to obtain
‘the stream function from which the wvelocity components were derived. The
Prandti-Glavert method was used to extend the calculation to compressible
flow. (See reference 7.) A detailed explsnation of the method of calcula—
tion for both the Incompressible—flow solution and the linearized com—
pressible~flow solutlion is given in Appendix A.

In figure 9, the lengthwise distribution of pressure coefficient
calculated by this method is compared with the experimental data for Mach
numbers of 0.18 and 0.90 and 0° angle of attack. The incompressible—flow
ecalculation (i.e.,for a Mach number of zero) is shown to sgree well with
the experimental data at a Mach number of 0.18. The difference between
the pressure coeffilcients calculgted by the incompressible—flow theory
and the linearized compressible—flow theory for a Mach number of zero
illustrates the order of magnitude of the error introduced in lineariz—
Ing the equations of motion. At a Mach number of 0.90 the calculated
pressure distribution agrees well with that obtained experimentally.

In figure 10, the pressure coefficients calculeted by the linear
theory at the minimum-pressure point for 0° angle of atitack are compared
with the experimental pressure coefficients at the same point throughout
the subsonlic Mach nunmber range. The varistion of the experimentsl



8 NACA RM AS5QEQ9

pressure coefficients with Mach number is approximstely the same as that
predicted by linear theory, slthough the experimental pressure coeffi—
cients are slightly more negative than the calculated pressure coeffi-—
cients at 8ll Mach numbers.

In figure 11, the calculated pressure coefficients at the 26.9~
percent station on the upper and lower meridians of the body in inclined
flow are shown compared with the experimental values for the same loca.—
tions through the subsonic Mach number range for angles of attack of 2° 1’
4%, 6°, and 8°, The method of calculation is explained in Appendix B.%
The good. agreement between the calculated and the experimental pressure
coefficients is evidence that the linesx theory can be applied to the
prediction of pressure changes with Mach number for a body of revolution
in an inclined field of flow. The change of pressure coefficlent with
Mach number is shown to be practically independent of the angle of
attack.

Wing-Nacelle Combinstion

Force snd moment chsracteristics.— In figure 12 the 1ift, drag, and
pitching—moment characteristics of the wing-nacelle combination are shown
compared with those of the wing slone for Mach numbers from 0.18 to 0.92
at a Reynolds nuuwber of 2,000,000. Data for the wing alone have been
prresented in reference 3. The variation of the 1lift and pitching—moment
coefficients with Mach number 1s shown in figure 13 and the variation of
the lift—curve slope and aerodynamic center is shown in figure 14,

Addition of the nacelle to the plain wing had only small effects on
the lift—curve slope and on the Mach number Pfor 1lift divergence, but
increased the angle of attack for zero 1iit by approximately l/2° At
zero 1ift, the a.erodyna.mic center of the wing-nacelle combination was
ehead of the aerodynamic center of the wing alone by an smount varying
from 0 to 3 percent of the mean aerodynamic chord for Mach numbers less
than. 0.90. For both the plain wing and the wing-nacelle combination, the
serodynemic center moved rearward as the Mach number was Iincreased above
0.80. Addition of the nacelle resulted in smaller negative values of the
piltching moment for zero lift at the higher Mach numbers.

The variation of drag coefficient with Mach number is presented in
figure 15. At 1ift coefficlents of 0.3 and less, the drag of the wing—
nacelle combination began to increase at a somewhat lower Mach number
than that at which the drag increased for the plain wing. At a 1lift
coefficient of 0.4k this premature drag increase did not occur. The drag—
divergence Mach number for each lift coefficient has been noted in

1 :
A recent paper by H. Julian Allen (reference 8) gives another methed for
calculating the pressure coefficients due to inclined flow.
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figure 15. It appears that the addition of the nacelle caused very little
reduction in ths  drag—divergence Mach numhber.

The varistion of meximum IL/D, of 1ift coefficient for meximum L/D,
and of minimm drag coefficlent with Mach pumber are presented in
figure 16. As would be expected, the addition of the nacelle caused a
reduction In maximum L/D as a result of the increased drag due %o the
nacelle. The 1liPt coefficient for meximum I./D was only slightly
affected by the addition of the nacelle to the wing.

Pressure distribution.— The distribution of static—pressure coeffi—
cient over the wlng—mnacelle combination is presented in thé form of
iscbar diagrams In figures 17, 18, and 19 for a range of Mach numbers and
for angles of attack of 0°, 29, and 4°. In figure 20, portions of these
dats are compered with similar dats for the plaln wing from reference 3.
The crest line (defined as the locus of points at which the wing surface
is tangent to the direction of the undisturbed alr stream) is indicated
on all the isobar diagrams for use as s reference line in estimating the
effects of the changing pressure distribution on the drag. To show more
clearly the effect of compressibility on the pressures in the wing—
nacelle Junctures, the distributions of pressure coefficient in each of
the four junctures are compared in figure 21 at several Mach numbers for
angles of attack of 0°, 2°, and 4©°,

Examination of figures 17, 18, and 19 reveals that a region of high
negative pressure coefficients existed near the lesding edge at the inner
Juncture of the wing and the nacelle. On the upper surface the extent of
the region was small, even at Mach numbers beyond thet for drag divergence.
From figure 20 1t may be noted that the pressures over the remainder of
the upper surface of the wing nacelle combinstion were sbout. the same as
for the plain wing. On the lower surface of the wing-mnacelle combinstior,
interference ceused a region of high velocities in the inner juncture and
influenced the pressure distribution over much of the area between the
nacelle and the plane of symmetry. The change in the pressure distribu—
tion was such as to reduce the sweep of the isobars and thus to reduce the
effectiveness of sweepback of the wing.

In Pigure 20(a), the chordwise distribution of pressure coefficient
over the upper and lower surfeces of the wing—macelle combination at a
station half way between the nacelle and the wing root 1s compared with
that for the wing without the nacelle st 0° angle of attack. The addition
of the nscelle resulted in a forward movement of the point of minimm
pressure on the upper surface and in s slight increase in the sweep of the
isobars, but caused only a small increase in maximum surface velocity at
this station. On the lower surface neasr the nacelle, the presunce of the
nacelle caused a large decrease in minimum pressure as well as a reduction
in sweep of the iscbers, both of which decreased the free—stream Mach
number at which e shock wave co 1d form on the wing. The premature drag
increese of the winpg-—neacelle combination with incressing Mach number at
low 117t coefficients, noted with reference to figure 15, was probably
the result of this shoclkl—wave formation.
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From figure 20(b), it is noted that at 4° angle of attack the veloc—
1ties on the lower surface of the wing—nacelle combination were much lower
than on the upper surface. Thus, shock waves must have occurred first on
the upper surface at this angle of attack. The drag data of figure 15
showed no premsture dreg increase at s 1lift coefficient of 0.4, which
corresponds to approximately 4° angle of abtack, in spite of the local
region of high velocity at the inner wing—nacelle Juncture on the upper
surface near the leading edge.

In figure 21, it may be seen that at 0° angle of attack there was
little change in the type of chordwise distribution of pressure coeffi—
cient in the wing-nacelle junctures up toc a Mach number of 0.85. However,
as the Mach number was increased to 0.90, there was a rearward movement
of the region of low pressure in all but the lower ocuter Jjumcture. At
angles of attack of 20 and 40, this rearward movement of low pressure,
resulting from the development of supersonic flow, began st a Mach number
between 0.80 and 0.85.

Criticel and drag—divergence Mach numbers.— In a detailed anelysis
of the forces and pressures on this swept wing, it was shown in refer—
ence 3 that the dreg—divergence Mach number was only slightly greater than
the Mach number st which critical flow conditions had developed along the
crest of the entire wing. A critical flow condition was comnsidered to
occur when the component of local Mach number normel to the isobars became
equal to unity. The free—stream Mach number for the attainment of the local
critical—flow condition has been denoted by the symbol Mq, to distinguish
1t from the critical Mach number Mg,.. When the sweep of the isobars is
zero, Mg is obviously equal to Mey.

Figure 22 is presented to show the relation between the drag increase
and the attainment of critical flow conditions at several points on the
wing-nacelle combination. In this figure, the pressure coefficients et
the crest of the upper surface at several spanwise stations, the minimum
pressure coefficients in the upper end lower wing—nacelle Junctures, and
the total drag coefficlent of the wing-nacelle combination are shown as
functions of Mach number. The dashed curves represent the variation with
Mach number of the pressure coefficlents corresponding to the critical
flow condition for sweep angles of 0° and 35°. The intersectioms of the
solid and Qashed curves define & range of Mach numbers within which critil-
cal flow conditions were attained. An inspection of figure 22 discloses
that, for angles of abttack of 0° and 2°, the drag coefficient started to
increase rapldly at about the Mach number at which the critical flow condi-—
tion ag attained along the crest of the upper surface. Moreover, it is
apparent that the local velocities in the Junctures reached the sonic value
at Mach numbers well below that for drsasg divergence.

The relation of the drag—divergence Mach number to the critical Mach
number based on minimum pressures in the Junctures 1s illustrated in
figure 23. TIn this figure, the drag-divergence Mach number of the wing—
nacelle combinstion, that of the plain wing, end the critical Mach numbers



RACA RM A5CEO9 11

of the upper end lower wing-nacelle junctures are shown as functions of
1ift coefficient., It is spperent that critical-Mach numbers based on
localized areas of low pressure do not provide a satisfactory estimate
of the drag—divergence Mach number. In the case of the present wing—
nacelle combination, the drag-divergence Mach number almost egualed that
of the plain wing.

CORCLUSIONS

Tests have been conducted at Mach numbers up to C.92 and &t a
constant Reynolds number of 2,000,000 to determine the effects of
mounting a nacelle of fineness ratio 6.5 on a wing having the leading
edge swept back 37.25°. The results of these tests mey be summeyized as
follows:

l. The 1lift and pitching-moment characteristics of the wing were
only slightly changed by the addition of the nacelle.

2. At 1ift coefficients less than 0.3, the nacelle ceused the drag
to increase st a somewhat lower Mach number than that at which the wing—
alone drag began to increase. At a 1lift cdefficient of 0.k, this prema—
ture drag increase did not occur. In-spite of the earlier drag rise, the
drag—divergence Mach nmumber (defined as the Mach number at which
3Cp/dM, = 0.10 at constant 1ift coefficient) was reduced no more than 0.01
'by ‘bhe addition of the nacelle.

3. The upper-surface velocities on the wing—macelle cornbinstion were
about the same as for the plain wing, except for a small region of high
velocity at the inner Juncture near the leading edge. On the lower surface
there was considersble distortion of the velocity distribution, which
apparently caused the earlier drag rise at the lower 1ift coefficients.

y, The criticel Mach number based on the pressures in the wing—
nacelle Junctures Aid not furnish a satisfactory estima.te of the dreg-—
divergence Mach number.

From the results of tests at Mach numbers up to 0.95 of an isolated
body of revolution similar to the nacelle, it was found that:

1. The drag coefficient of the body at 0° angle of sttack varied
only a small amount up to & Mach number of epproximstely 0.92.

2. Good agreement existed between the experimentel values of
pressure coefficient and those calculated by theory.

Ames Aeronautical Laboratory,
National Advisory Committee for Aeromasutics,
Moffett Field, Calif.
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APFENDIX A

CATCULATION OF THE FLOW ABOUT TEE BODY
OF REVOLUTION IN AN AXTAT~FLOW FIELD

The body of revolution used in this investigation was formed by com—
bining parts of two other bodies for which the source-sink distributions
were known: a prolate spherold and s modified NACA 111 body. This appen—
dix will show the method used to calculate the incompressible flow about
the prolate—spheroid forebody and the modified NACA 11l afterbody using
their source-sink distributions. The method will then be extended to
compressible flow by linear theory.

As shown In reference 9, the source strength for the prolate
spheroid varies linearly from a maximum at the forwerd focus to zero at
the maximum thickness. In reference 10, the sink strength for the
NACA 111 body is shown to increase linearly from zero at 40 percent of
the length to a maximum at TO percent, and then to decrease lineerly to
zero at the tall. It is assumed that the source—sink distribution for
the test body of revolution is that of a prolate spheroid for the forebody
and that of the NACA 111 for the afterbody. This assumption is belileved
Justified, since for bodies of the fineness ratio being comnsidered the
velocities over the forward portion of the body are practically umeffected
by small changes in shape of the afterbody, end velocitles over the
afterbody are little affected by small changes in the forebody. Further—
more, the change in fineness ratio from 5 for the NACA 111 body to 6.5 Ffor
the test body would affect the sink strength with respect to the free
stream, but would not materially affect 1ts distribution.

The condition that produces a closed body of unit length from en

arrangement of sources and sinks along & & axis, where f£(t) is the
source strength per wnit length, is

fl £(e) dt = 0 (A1)
(o]

88 explained in reference 1l. By applying the condition

O 4000
f F(E) dt = 1

°a (A2) .

£(&) at

|
b

0O +4000
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the expression for £(t) was determined as follows:

£(E) =0 from E=0 to E=e

£(E) = 5.305 — 15.07(¢ — o) " tE=e to & = 0.3847
£(e) =0 u g =0.3847 to &t = 0.%000
£(&) = —-11.11 (¢ - 0.4000) " £ =0.4000 to &= 0.7000
£( &) = —3.333+11.11( & — 0.7000)" E=0.7000 to & = 1.0000

where e is the distance from the nose to the focus of the prolate—
spherold forebody, defined by

o = (0.3847) — ./ (0.3847) _(mfmay

The & axis along which the sources lie 1is now assumed to be coincildent
with the x saxis. The strean functlion from the source—sink distribution
can then be regerded as the difference in the amount of £fluid flowing
inside & circle of radius 1r, the plane of which is normal to the x
axis end the center of which is on the x axis, and the amount of fluid
delivered by the source—sink distrlbution upstream of =x. Thus, where
¥, is the stream function of the source—sink distribution (reference 11)

3 -—
v1=-%/; (6 (2 + 52 ) at (43)

in which

b = (x—8)® + r2

The stream function; ¥z, due to the superimposed flow parallel to the
x eaxis 1s .

¥o = ﬂran (aL)

where Uy i1s the free—stream velocity. The total stream function, 1V,
thus becomes ‘ )

1
$'=-\Y1+’Ji2=ﬂr2Uo—%f £(¢) 1+-‘-;i)dg (45)
(o}
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Equating the total streem functlon to zero results in the equation of the
surface of the body. It is apparemt that for a given £(t) different
values of Ug will produce a family of bodies of different fineness
ratios. Letting V equal zero and solving for the value of Ub that
corresponds to the fineness ratio of the test body gives

U°=§;F£lf(g) <1+£;.ﬁ>ag (A6)

Any values of x and r +that correspond to points on the surface of the
body (except at the nose and tail) cen be used to evaluate Ug. The
veloclities of the flow due to the source—sink distribution, parallel to
the x axis, Au, and normasl to the x axis, Av, are then (refer—
ence 11)

Q¥ :
SR (A7)

-1 3% :
Ay = . S (A8)

and the pressure coefficlent for the incompressible flow becomes

-l (w) - @1 o

The result of this equatlion is shown graphically in figure 9 as the
incompressible~flow solution.

The equations developed for incompressible £low can now be extended
to compressible flow. In the appendix of reference 7, it is shown that
a flrst—order approximation of the subsonic compressible flow about a
three~dimensional body can be obtained in three steps. This method,
originally developed by Gothert, can be spplied to the body of reveclution
in the following manner:

1. The radial coordinatés~7ﬁ_g;;_ppints on the surface oft the body
are contracted by a factor B =1 — Mp= where My 1is the free-strean
Mach number. (In reference 7 the x coordinates are expanded in place

of contracting the radial coordinates. The two procedures lead to the
same result, but expanding the longitudinal coordinates involves computing
difficulties for bodies of unit length.)

2. The free—stream velocity— Ug! and the velocities due to the
source—sink distribution, Au' and Av', are calculated as if the con—
tracted body were in incompressible flow.
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3. The values of Ug, Au, and Av in the compressible—flow field
of the original uncontracted body are found by the following equations:

Uy = Ug! (a10)

Au = -élz- Du? (a11)
_ l T

AT = E ov (AlE)

Thus, in the present case, the source—sink distribution was retained as in
the incompressible flow, but the evaluation of the velocity components was
made for & body the fineness ratio of which was l/B times that of the test
body. These velocities were then multiplied by the factors in step 3 above.

The pressure coefficients in the compressible flow cannot be computed
with the same accuracy as In the Incompressible £low, because the steps
above were developed from & linesrized equation of motion and boundary con—
dition. (See reference 7.) To lineasrize the equastion it was necessary to
neglect all values of Au/Us =nd Av/Us that were of higher degree than
the first and 81l cross products of these guantities (a' procedure first
used by Prandtl and Glauert). This leaves the expression for the pressure
coefficient calculated for compressible flow by linear theory as

p=—of ] (A13)
UO

The result of this equation is shown graphically in figures 9 and 10.

The velocity components for this body in compressible flow, as evalu—
ated by the methods expleined in the foregoing paregraphs, are given in
equations (AlLk), (Al5), and (Al6). The incompressible velocity components
can be obtained by considering £ = 1.

U, = Xk J_be 1 .!l:'be(x _.0'3&7 + €) — bp(x — 0.3847) —

ﬂBZra [ 262

622 12 ( x-0.3847 + bf

x=0.3847 + by +€

)] +2.T77 [bg(o.ﬁdoo+x) — 2bp(0.7000+x) +

{x—1.0000+b; ) (x—0.4000+bg)
(x~0.T7000+bp )2 - .
(Alk)

0.8000(by=bg)— 2(b 1=by, ) +b1 (x+1.0000)+B2r2In
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_%__ (x—O 38u7+e) _ (x-0.3847) _ . x~0.3847+be \
2“‘32 br B\ 0. 3BL7+€+bg

Jbe(z~0.384740p)  Dbg(2~0.3847+€+d )

2. 777 [(o.lrooo+x) _ 2(0.70004x) , 8000( _ _) (_ 1
bg bh . h
— . 'b R
(x4.0000), ., (x1.0000+by)(x-0 l+062>0+bg) _ p2pe ( 2 _
b1 (z~0.7000+bn ) bp (x~0 . 7000+by, )

1 1
bg(x~0.7000+b,) _bl(x—_]_..0009+'b_1)>_, } - __ (Al_s)
1 (x0.3847+e) 1 [(x-0.3847+€)2  (x-0.3847)2 _

OAv = EﬁBr ] ebe 2€2 { 'be bf + be—bf

1 1 x5-0.1600 _ 2(x2-0.4900)
BErZ 5}-_:5;):] +2777[ By o + bg — 2bp +
0.8000 { *=0.7000_ x—o.hooo> _ o(Z=1.0000 _ x—o.7ooo> .

N by bg by
(x2-1.0000) e (1,1 _2 }
\ v + by + ﬁar (bl + bg bh) }‘ (Alﬁ) .

where



KACA RM ASQEOZ

B =41-M72

€ =4/0.1479 — 0.00591p2

be =./(x — 0.3847 +¢ )2 + p3p2

b = o (x — 0.3847)2 + p22

bg =4 (x — 0.4000)% + pZr®

by =4 (x — 0.7000)2 + 22

by =+ (x — 1.0000)2 + p2r2

17
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APFENDIX B

CALCULATION OF THE FLOW ABOUT THE BQODY OF .
REVOLUTION IN AN INCLINED FLOW FIEID

The velocities along the upper and lower meridians of the body of
revolution in inclined flow can be calculated for incompressible flow
using the theory of alrships. In reference 12, an equation for transverse
force 1s developed from consideration of the flow about ellipsoids of
revolution.

AFy = gon T sin 29 sin 2 (B1)

OF transverse force per unit lemgth

x,r body coordinates

95 free—stream dynamic pressure
® ten— &

ax
o engle of attack

This simple formuls has been. shown by comparison with experimental data
to give the gemeral distribution and magnitude of the transverse force with
a high degree of accuracy.

Since
= tan—t &
@ dx
o dr
sin 20 = dx
1+ dr \2
\ dx
And thus
2qo1 T %%
AFy = 7 N2 sin 2 o (B2)
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Also, from reference 13,
AF, = p nr (ux ug + vx vt) (B3)

where

Uy, Vx velocity components at the plane of symmetry of the flow due %o
the longitudinal motion

U, Vi velocity components at the plane of symmetry of the flow due to
the transverse motion

Eliminsting AFy 1in equations (B2) and (B3), and using the relation

Vi Vx dr

o= E= ()
U Uy ax
the expression for wu; In incompressible flow becomss
g-;‘- sin 2o
&= (85)

7’ 272
° E‘E.l.;. ar
Yo , ax

To calculate the welocity components in compressible flow by linear
theory, the procedure used in Appendix A can be extended to the inclined
body with only one important difference. In linear theory one coordinate
exis must be in the Pree—stream direction (reference 7), since all coordi—
nates normal to this axis are reduced by the factor p. When a body of
revolution is inclined to the stream direction and its coordinates normsl
to the stream direction are reduced by the factor B, it does not remain s
body of revolution. For slender bodies at small angles of attack, however,
this distortion from a body of revolution is small and was ignored in this
calculation. The incompressible flow was considered about a body of revolu—~
tion, the radiel ordinates of which were P +times the radisl ordinates of
the body in compressible flow, and the angle of atteck o' of which was
related to the aengle of attack In compressible flow o by

tan a! = B tan (B6)

where

B 12,2

Mo free—stream Mach number .
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Applying equation {B5) to this body gives

'
u’b' d-z—sin 2at

U, ux |—l . (s‘L’.)T | (B7)

where the primes indicate that all radial ordinates and the angle of atteck
of the original body have been reduced 'by the factor B. It is apparent
that '

a|&

- a(Br) _
ax

ﬁ‘lﬁ“

end it is consistent with linear theory to comsider

sin 2a' ¥ 2Ba

g;r_z

dx
| §

ugt Aug _ 2 Ay

a:-l.’“(uo "tP (%2’9

4

0

and

u

Six
Uo

(%

where ( > is obtained from equations (A1l5) and (Al6) at the same
a=0

Mech numier under consideration.

Inserting these approximations into equation (B7) results in

uy ! p2 20 I

T - — <Au) o (B8)
=0
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e P ST SN S fannm -1 a2\
and from equetions (Al10) and (A11l)

dr
o _ 1 mpt * dx (B9)
Uo B2 TUp 1+ B2 Au
C/a=0

which ind.ice.’ces that the induced velocities due to engle of attack are

.y ——— PRPNNTY

practically unaffected by compressibility.

The pressure coefficients slonz the uprer meridian in compressible
flow calculated by linear theory then become

D__or[A_u\ +ut—| (

7 L \Uodeo U0

and along the lower meridlen

[ -]

The result of these calculatlons 1s shown graphicelly in figure 11.
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TABIE T

COORDINATES FOR THE NACA 6h4;-212 ATRFOIL
[Stations and ordinates given In

percent of airfoil chordl

Upper surface Iower surface
Station Ordinate Station Ordinate
o o] o] 0
- 11'18 l 3 025 (] 582 b 925
1.1h47 1.593 1.353 —1.379
2.382 2,218 2,618 —1..846
Lk,868 3.123 5.132 -2.,491
T.364 3.815 7.636 -£.967
9.865 4,386 10.135 —3.352
14.872 5.291 15,128 —3.,945
19.886 5.968 20.114 4,376
2Lk,903 6.470 25,097 -4.680
29.921 6.815 30.079 4,871
34,941 7.008 35,059 —4.948
39.961 7.052 40,039 —%.910
Ll o82 6.893 45,018 -, 703
50.000 6.583 50.000 —x.377
60.029 5.619 59.971 —B.ATT
65.039 | 5.00k i  6h.961 | -2.94k
T0.045 k, 322 69.955 -2.378
T5.047 3.590 Th.953 -1..800
80.045 2,825 T9.955 ~1,233
85.038 2.054 84,962 - TO8
95.013 60k 9k 987 .028
100.000 | © LL 100.000 0

L.E. radius: 1.0k0.

through L.E.: 0,08k,

Slope of radius

23
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TABIE IT

COORDINATES FOR THE NACELIE AND THR BODY OF REVOLUTION
[stations and ordinstes given in
percent of body lengthl

Nacelle Body of
Station - ordinate revolutlon
ordinate
0 0 0
1.25 1.62 1.62
2.50 2.29 2.29
500 3.16 3.16
10.00 4,31 k.31
20.00 5.62 5.62
30.00 6.26 6.26
38.00 T.69 T.69
40.00 T.69 7.69
50.00 7.63 T7.46
60.00 T.15 6.83
70.00 6.08 5.65
80.00 k.36 3.96
85.00 3.32 3.02
90.00 2.27 2.0k
395.00 1.1 1.03
97.50 54 o2
100,00 0] 0

é
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o 300
! { 60"~ 150 Dia
eron— % 20 6.00 C B
~ N ‘ / .
\ o
180°159° 35.30 1 '
39.00 |

Coordingles in fable /I
{a) Body of revoluiion.

13.33
Semispan area (wing alone) = 8.283 sq Ft 533
Aspec? ratio (wing alone) = 6.04 ' r
Taper ratio = 0.50 o

&(wing dlone)=1.728 f+ '/ /
(parallel to root chord) o~ —
25 percent chord T 3
of airfoil section S
NAGA 64.-2/2
airfoil section A N A A €0.00
55.00
44.00
/ N b
—t 6.00
33.00 N,
18.60
7 —i —
~—/0.66 ’ ——-—-————— Rows of pressure orifices
25.48 - ' All dimensions are in Inches
26.67 unless otherwise noled
) ‘Coordinates in tables | and If
(&) Semispan wing and nacelle. W )

Figure .—Body of revolution and wing-nacelle combination.
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(b) Body of revolutione

Figure 2.— Wing-nacelle combination and body of revolution mounted in the
Amess 12—Poot pressure wind tunnel.
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Figure 5.— Concluded.
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